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Computation of Space Shuttle Flowfields Using
Noncentered Finite-Difference Schemes

PAUL KUTLER,* R. F. WARMING,* AND HARVARD LOMAX|
NASA Ames Research Center, Moffett Field, Calif.

The three-dimensional supersonic flowfield surrounding a configuration representing a space shuttle orbiter is
determined using a shock-capturing, finite-difference approach. The governing hyperbolic partial differential
equations in cylindrical coordinates are normalized between the body and an outer boundary which completely
encompasses the disturbed flow region. The equations are then cast in conservation-law form and integrated from
an initial data plane downstream over the body using either a second- or third-order noncentered finite-difference
scheme. Existing shocks that form as a result of protuberances such as the canopy or wing are captured
automatically and do not require the use of any shock-fitting procedures. Numerical results are compared with
experimental data to demonstrate the capability of the method to accurately predict the inviscid flowfield about
shuttle-like configurations. Three-dimensional shock-shock intersections that result in a coalesced shock and a slip
surface posed no problem for the numerical procedure.

Introduction

THE capability of computing numerically the inviscid flow-
field structure surrounding a space shuttle vehicle (SSV) or

some representative configuration at supersonic velocities is of
considerable importance in the prediction of heat-transfer rates,
boundary-layer effects, sonic booms, and the aerodynamic loads
associated with such vehicles. The large angles of attack at which
the SSV is designed to enter the earth's atmosphere, at least
initially, result in large regions of embedded subsonic flow near
the nose of the vehicle. In addition, the complicated geometry
of the shuttle gives rise to a multishocked flowfield. The wing
and canopy of a typical SSV configuration generate secondary
and embedded shocks which, in some instances, intersect the
main bow shock. Conventional sharp shock theories (those that
isolate a shock and apply the Rankine-Hugoniot shock relations
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across it) are limited in their capability of handling the shock-
shock intersection problem and the formation of all embedded
shock waves. Consequently, our approach in tackling this
complex problem is to use a shock-capturing technique which,
unlike conventional sharp shock theories, is capable of numeji-
cally predicting the location and intensity of all predominant
shock waves without the explicit use of any shock-fitting pro-
cedures. The success of the shock-capturing technique (SCT)
in correctly predicting complicated, multishock flowfields has
been demonstrated in Refs. 1 and 2.

For purposes of this analysis, a delta-wing shuttle configuration
is modeled. It is known from wind-tunnel experiments that for
moderate angles of attack of such a configuration the surrounding
flowfield is entirely supersonic except for a small region near the
nose. The governing three-dimensional steady flow equations are,
therefore, hyperbolic and with suitable initial data this becomes
a well-posed initial-value problem. The equations in conservation-
law form are differenced using either a second- or third-order
noncentered finite-difference scheme.3 Then starting from an
initial data plane near the nose of the body, the difference
equations are integrated downstream over the body. The starting
solutions are obtained by representing the nose of the vehicle by
either a pointed cone or a blunt sphere-cone.

Noncentered algorithms3 use, in general, forward or backward
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Fig. 1 Coordinate system for three-dimensional body.

difference quotients to approximate spatial derivatives. Non-
centered schemes possess three advantages over conventional
centered schemes: 1) the program logic is simpler, 2) the inclusion
of a nonhomogeneous or source term into the finite-difference
scheme is trivial, and 3) the scheme can be easily generalized
to several space dimensions.

Numerical results have been carried out which compare
solutions obtained using both the second- and third-order non-
centered schemes. A critical comparison between the two, includ-
ing shock definition, is made for a 15° half-angle cone at 5°
angle of attack in Mach 5 flow. Detailed flowfield results are
presented for a shuttlelike configuration with a pointed nose at
zero incidence and a sphere-cone nose at 15.3° angle of attack
both in Mach 7.4 flow. The numerical calculations are compared
with experimental shadowgraphs obtained at the NASA Ames
Research Center and show reasonably good agreement.

All computations were performed on an IBM 360-67 linked
with a cathode-ray display tube (CRT). The CRT, with its man-
machine interactive capability, was used to study the flowfield
as it developed and to control any numerical instabilities that
evolved.

Review of Governing Flow Equations
The gasdynamic equations for steady inviscid flow of a non-

heat-conducting, perfect gas can be written in dimensionless,
conservation-law form for cylindrical coordinates (z, r,c/>) with
velocity components (u, v, w) as follows

dU/dz + dF/dr + dG/d<l> + H = 0 (1).
where U, F, G, and H are four-dimensional vectors defined by

pu
kp + pu2

puv
puw

pv
puv

kp + pv2

pvw

pw
puw
pvw

/cp + pw2

H =

pv
puv

p(v2-w2)
2pvw

Equation (1) represents the continuity and three momentum
equations in which pressure p and density p were made
dimensionless with respect to freestream stagnation conditions,
and velocity with respect to the maximum adiabatic velocity
and where k = (y—\)/2y and y is the ratio of specific heats.
Under the above conditions/the energy equation can be written
in the dimensionless form

2) (2)

The freestream conditions are simply a function of Mach number
M^, angle of attack a, and y, and are given by the following
equations

"a, = <Joo cos «. vx> = - qx sin a cos <p, wx = qm sin a sin <f>
where

In applying the SCT to three-dimensional problems it is
desirable to analytically describe an outer boundary of the
computational region. This outer boundary should completely
envelop the disturbed region surrounding the body and pre-
ferably lie close to the outermost shock (see Fig. 1). This
minimizes unnecessary differencing of points known to lie in the
freestream. Shadowgraphs are useful in selecting the outer
boundary, but not a necessity.

A nonorthogonal coordinate transformation is introduced
which normalizes the distance between the body and outer
boundary, i.e.,

z = z, 0 = 0, s = (r-rb)/(rob-rb) (3)
where rb and rob are the cylindrical radii of the body and the
outer boundary, respectively, and, in general

rb = rb(z,4>) and rob = rob(z,^)) (4)
Applying the transformation (3) to Eq. (1) and rearranging in

conservation-law form, there follows the final version of the
equations to be differenced

= 0 (5)
where

U=U, F
= e, H = H-(a/c)sU-(\/c)sF-(b/c)sG

and
-rbz-s(robz-rb)

(!/?), = 0, (b/c)s=-

(6)
The integration of Eq. (5) is performed with respect to z, since

the equation is hyperbolic with respect to that coordinate. The
flow variables p, p, u, v, and w are, therefore, determined from
the components ut of the conservative variable U. As was pointed
out in Ref. 2, this necessitates the solution of five simultaneous
algebraic equations.

Body and Outer Boundary Geometry
To facilitate the numerical computations, an approximation

of the actual wing-body configuration is made using analytic
functions. The z axis of the coordinate system shown in Fig. 1
is chosen to lie in the plane of symmetry and along the
projection in that plane of the trace of the wing leading edge
as illustrated in Fig. 2. The origin of the coordinate system
(z = 0) is located at the nose of the vehicle. A typical cross
section is approximated by two ellipses as shown in Fig. 2.

Thus, we write
. „ , _ , , a(z)b(z)______

x _ _ _ 2 ^-11/2 (')

where a(z) and b(z) represent the semimajor and semiminor axes
of either the top or bottom ellipse. In this case at(z) = ab(z) and
represents the wing-body variation with z as viewed in planform,
while bt(z) and bb(z) describe the top and bottom body variations
as seen from the side. The z axis is divided into intervals (zfc _ x , zft),
not necessarily of equal length, and the functions a(z) and b(z)
are approximated in each interval by a cubic polynomial; e.g.
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Fig. 2 Comparison of analytically described configuration with actual
body shape.

a(z)= X ^(z-z^f; (8)

The four coefficients Ap are determined for each interval by
matching a(z) and its derivative da/dz with rb(z, <j> = 90°) and
drb(z, (f) = 90°)/dz at z k _ t and zfc. A similar procedure is used
for the semiminor axis b(z) for both the top and bottom
ellipses. The partial derivatives crb/cz and crb/c4> are thus con-
tinuous. However, the second derivatives are discontinuous. It is,
therefore, only necessary to know the cylindrical radius of the
body rb and the slope crb/cz at points zk and z f c _ t for the
bottom, planform, and top surfaces in order to describe the body
in this fashion. These data can be obtained from working
drawings of a given configuration.

A comparison between an actual and simulated configuration
used for this paper is shown in Fig. 2 for the planform and
profile views and for various cross sections. In regions where the
wing is predominant, the approximation of the upper surface is
somewhat crude. However, for particular flight conditions, in
which the angle of attack is large, the flow conditions on the
lower surface can still be accurately predicted. The outer
boundary that completely encompasses the disturbed region
surrounding the vehicle is analytically described in a way
analogous to that of the body, i.e., with longitudinal cubic
polynomials and bielliptical cross sections.

Discretization and Initialization of Flow Region
The existence of a plane of symmetry (c/> = 0°, 180°) reduces

the computations by ^, and consequently the disturbed region
between the body and outer boundary need only be discretized
in the half-plane as shown in Fig. 3a. Because the third-order
difference scheme requires evaluation of the dependent variables
at two points on either side of the point being computed, a
boundary fringe, two mesh intervals wide, is established near the
planes of symmetry, within the body, and in the freestream.
This facilitates the orderly application of the differencing
scheme, and eliminates special treatment at some of these points.
The reflection principle is applied at the 0 = 0° and 180° planes
of symmetry. The points in the s direction are distributed equally
[As — l/(NS— 1) = const] between the body and outer boundary
as are the points in the 0 direction [A0 = 7i/(JV(/> —3) = const]
as shown in the computational plane of Fig. 3b.

The starting solution or initial data plane is obtained in either
of two ways. The coded program is inherently capable of
generating a pointed cone at angle-of-attack solution using the
SCT. To start that solution all the grid points are initialized

using values of the freestream variables. Once a converged
solution is obtained, a control variable is switched and the
integration is continued over the rest of the body. The second
method of obtaining an initial data plane is to couple the
program with an existing blunt-body code. In this case the
inverse blunt-body code of Lomax and Inouye4 is coupled with
the method of characteristics scheme of Rakich5 to yield the
starting solution. A sphere-cone combination is used for the nose
of the vehicle and this is smoothly transitioned with the bi-
elliptical afterbody.

Finite-Difference Techniques
The ability of an SCT to accurately predict the location and

intensity of all shock waves in addition to the continuous
portion of the flowfield depends in part on the finite-difference
scheme used. In Ref. 3, both second- and third-order non-
centered finite-difference methods for solving hyperbolic partial
differential equations were discussed.

The application of these schemes to three-dimensional super-
sonic flow problems is a severe test of their shock-capturing
capability. For completeness and ease of coding we write out the
schemes in detail below as applied to Eq. (5).

MacCormack's second-order scheme3'6 is

Az
[(1 - e

0-fiJ^+ij-(l-2fis)F?J-fiaF?_1J] +

1
1-(l-2fi</ ,)G?,-e^G?.._1]+Az//?A (9a)

J
fAzr m— Wj < — I es r J + j / -f (1 — 2s ,)F- • +
(As ' f 'J

(9b)

where ax = 1, wl = |, and

Fa.) = etc.
This scheme allows four possible variations for replacing the
space derivatives in the predictor and corrector steps

(10)

IV: e s = l , £</, = 0
MacCormack6 suggests that in applying this scheme for

general flow problems, the four variations (I-IV) be cyclically
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Fig.3 Mesh description: a) discretized flow region, b) computational
plane.
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permuted to obtain unbiased results. It has been found, however,
both in the current study and in the study of Ref. 1 that for
shocks that move upward or away from the body in the
computational plane, method I tends to yield better results near
the shock by minimizing the post and precursor oscillations.
It has also been found that method II is best for shocks that
move toward the body in the computational plane, and a
permutation of methods I and II is best for shocks that remain
stationary. The relative motion of the shock wave in the com-
putational plane can be observed on the cathode ray tube and the
appropriate method applied. It is, however, not mandatory that
this approach be used, and quite successful results have been
obtained by the sole use of method I. Since both the canopy
and wing shocks tend to move upward in the computational
plane, method I was used for the majority of the calculations.

The third-order finite-difference scheme developed in Ref. 3
is a three-step method that uses the first two steps of
MacCormack's method. The algorithm can be written as

U$y = same as right side of (9a) with o^ = f (1 la)
Ul2) = same as right side of (9b) with a t = f and wx = ^

(lib)

)?j- 1/2/24] [l/?J+ ! -

2G?J+ 2

^_ J -

j_ 2) +
- f(Az/As) (F/?! j - F/?\

(lie)
It should be emphasized here that l/(1), U(2\ F(1\ F(2\ etc., are
evaluated at the z coordinate (rc + f)Az. The free parameter terms
of Eq. (lie), i.e., the brackets with multiplicative coefficients
cos and co^, have been differenced conservatively in both the s and
(/> directions, and formulas for a)s and co^ are given in a later
section on stability. Since these terms represent a fourth-order
difference operator (see Ref. 3), they do not affect the third-order
accuracy of the algorithm. Any of the four possible variations
of MacCormack's method are applicable for the first two steps
(lla, b), and each is consistent with the third-order accuracy
of the final step (He).

Boundary Conditions
An important aspect in the successful application of a finite-

difference technique is the proper treatment of the surface
boundary conditions. There are numerous schemes available for
satisfying the simple tangency condition at solid surfaces (see,
e.g., Refs. 7-10). In this section a scheme is presented which was
devised by Abbett,11 and combines simplicity with accuracy. It
treats the computation at the body in the same predictor-
corrector fashion as the interior points and is, therefore, com-
patible with the rest of the calculations.

In applying Abbett's scheme one first predicts values of the
flow variables (p, p, u, v, w) at zn + 1 = z" + Az using an Euler
predictor and then corrects these quantities using simple com-
pression or expansion waves to invoke the surface tangency
condition exactly. The details for the present problem follow.

In predicting the flow variables at zn+ l = z" + Az, the following
predictor scheme is used to difference Eq. (5) at the body

Jj-, |-Az//"3ij (12)

The s derivative is replaced by a first-order forward (away from

body) finite-difference approximation while the </> derivative is
replaced by either a second-order central difference (eb= 1)
when the velocity component w is subsonic (w < c) or a first-order
backward difference (&b = 0) when w > c and in the positive (/>
direction. This physical differencing of the 0 derivative makes the
scheme consistent with the law of forbidden signals. Decoding the
conservative variables, l/(3H, from Eq. (12) yields p(

3H, p^\, u^],

Equation (4), which describes the body, can be rewritten as

Thus the outward unit normal to the body is given by

nb = ̂ =~r»*lz+lr~2
rb^{r

/
b
2 (14)

where V is the gradient operator. The surface tangency con-
dition that must be satisfied everywhere on the body is

q-nb = Q (15)
or

where the velocity vector in cylindrical coordinates is
q = Ulz +

In general, the velocity vector

(16)

(17)

predicted by Eq. (12) will not satisfy Eq. (16) and will be rotated
out of the surface tangent plane by a small angle A0. This
angle can be determined from the following equation:

where q^ is defined to be the magnitude of q^j. If A#
is positive, this implies that an expansion is necessary to rotate
p(3Xj into the surface tangent plane, and if A# is negative a
compression wave is required.

The following equation from NACA R-113512 (Eq. 174)
expresses the ratio of final-to-initial static pressures for an
expansion or compression through a small angle AO

(19)

where

= ̂  and

Substituting Eq. (18) into Eq. (19) yields the corrected value
for the static pressure (p5 "/)•

From the starting solution, all surface flow variables are known
along with the value of entropy at the body, and since
entropy is assumed to be constant over the entire body, that
constant can be determined from

P$,3 = const (nonconical flow) (20a)
starting plane

When a cone solution is generated to be used as the starting
solution, the surface entropy during the iteration procedure is
calculated from

= const (conical flow) (20b)

since the entropy throughout the shock layer in the windward
plane (j = 3) is known to be constant. After the cone solution
has converged and the afterbody is to be calculated, Eq. (20a)
is employed to evaluate the constant.

Under the assumption of constant entropy along the body, the
density p ^ j 1 can, therefore, be calculated from the equation

Paj^Wy/const)1^ (21)
The velocity magnitude q^1 can then be determined from the
energy equation (2) as
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c/-(i-ps:>3:/)l/2 (22)
Finally, it is necessary to determine the individual components of
~q\+

j
 1. Since ~q(^ was rotated through an angle A0 in the plane

of nb and (£\, it follows that the direction of the final velocity
q"3j must be in the direction of the vector

where

The velocity components obtained from Eq. (23) are

rb

(23)

(24)

(25a)
(25b)

(25c)

where

bi M/N)2 + (i> < |j - M/N)2

N
This boundary condition scheme encountered no difficulty

with rapid changes in the body geometry such as found near
the canopy and wing leading edge. The scheme passed with
ease through the formation of both the canopy and wing
leading edge shocks. For simple two-dimensional test cases, it
has been compared with other techniques11 currently in use,
including reflection, extrapolation, method of characteristics,
Kentzer's method,9 and Thomas' method.7

Stability Analysis
It is necessary in numerical techniques to select a step size

small enough to be commensurate with the stability bound, but
yet large enough to finish the computation with a minimum of
computer time. Use of the largest possible step size for hyperbolic
equations insures that the finite-difference scheme is as nearly
compatible with the method of characteristics or the perfect shift
condition as possible.3'13 To get a bound on the value the step
size should have, many authors14'15 rely on amplification matrix
theory because of its ability to conservatively and quickly
predict a stability condition. The method is based on a locally
linear analysis of the governing partial differential equations
coupled with a discrete harmonic analysis of the linear-difference
scheme. The partial differential equation system, in this case
Eq. (5), for the linear analysis is written in the form

dU/dz + PdU/ds + QdU/d(l) + H = 0 (26)
where P and Q are the Jacobian matrices (dF/dU and dG/dU}.
The amplification matrix theory, at least for the two-dimensional
z, s space, requires that

Az/As ^ l/(ap)max (27)
l| local

max

where ap is defined to be the local maximum modulus of the
eigenvalues of the matrix P for a given grid point in the field.
It is the maximum of the local maximum eigenvalues in a
particular z = const plane that is needed in Eq. (27). A similar
condition is obtained in z, </> space

Az/A0 ^ l/(<7,)max, ffq = |<7(0|local
max (28)

This planar analysis has been shown2 to give a good bound on
the step size in multidimensional problems if Eqs. (27) and (28)
are replaced by

Az/As = const/(o-p)max (29a)
Az/A</> = const/K)max (29b)

where const < 1 can be varied during the computation and is
usually assigned a value of approximately 0.9. When applying
Eq. (29) to determine Az, the mesh "spacings As and A</> are
given. It is therefore necessary to determine the minimum Az
predicted by the two relations. This minimum Az, which is re-
calculated after each integration step, is the one used for the
succeeding step in the integration procedure.

The values ap and aq required in Eqs. (29) can be deter-
mined from the matrices P and Q. The five eigenvalues of P are

u(v + Sw/r) ± c[(i? + bw/r)2 + (u2 - c2)a+ ———————————=——=————
P/r2)] 1

f f3 .4.5=j [S + l

and the five eigenvalues of Q are

(30a)

(30b)

-1 (31a)

<7<24 5 - w/(wr) (31b)
Equations (30a) and (3la) can be recognized as the slopes of
the characteristics in the z, s and z, <f) planes, respectively, while
Eqs. (3Qb) and (31b) represent the slopes of the streamlines in
their respective planes. The maximum modulus of eigenvalues
used in Eq. (29), therefore, are obtained from Eqs. (30a) and (3 la),
respectively,

:P|) 02a)

,ei) (32b)

It remains to give explicit formulas for the free parameters
a>s and CD^ appearing in the last step of the third-order scheme
(lie). A constant free parameter w = cos = a}4) can be used
throughout the entire computation. However, our approach is to
utilize a local variation of the free parameter in both the s and
(j> directions. The local value that each free parameter assumes
is based on the local maximum eigenvalues ap and aq defined
above. The stability analysis was based essentially on a one-
dimensional analysis of the finite-difference equations and this
seemed to be a plausible approach by virtue of the manner in
which the second- and third-order noncentered algorithms are
generalized from two to three space dimensions. Likewise, in
lieu of a more complete theory, we determine the values of
ojs and co0 from the one-dimensional analysis of Ref. 3.

The values of ws and o>0 required for Eq. (11) are determined
as follows :

(<*>£+ 1/2 j = ws[(vs)?+ 1/2 J (33)
where the brackets on the right side mean a function of the
argument contained in the brackets and

Similarly, for
(34)

The requisite values of vs and v^ on the staggered mesh are
found by the averages

+ 1 .j + (*p)"j + (*P)"- 1 J te/te (35a)
v 0 j + 1/2 = -

(35b)
For the functional forms (33) and (34), one can use formula (39)
of Ref. 3 for minimum dissipation or formula (40) of Ref. 3 for
minimum dispersion. The equation for minimum dispersion is
recommended when crossing discontinuities. Thus for a given
problem the free parameters can be defined on the basis of the
local flow variables.
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Table 1 Cone at angle-of-attack results (M = 5, a = 15°, a = 5°)

201

Babenko

M.O.C.

SCT1C

SCTld

0

5.401

5.397

5.408
5.397

P/PoO

90

3.618

3.615

3.614
3.614

180

2.433

2.436

2.443
2.433

0

3.001

2.999

3.005
2.984

P/Pao

90

2.254

2.253

2.254
2.241

180

1.698a

1.865"
1.699°
1.866b

1.704fl

1.690°

0

0.2679

0.2679

0.2679
0.2679

v/u

90

0.2679

0.2679

0.2679
0.2679

180

0.2679

0.2679

0.2679
0.2679

0

0

0

0
0

W/M

90

0.0823

0.0820

0.0831
0.0870

180

0

0

0
0

0

0.3520

0.3520

0.3526
0.3516

tan#s

90

0.3676

0.3674

0.3678
0.3685

180

0.3893

0.3894

0.3887
0.3887

" Meridional value of density. The multivaluedness of certain flow variables is a result of the vortical singularity in the leeward plane of symmetry which is characteristic with
conical flow problems.

h Normal value of density.
c Second order.
d Third order.

Numerical Results
To compare the relative accuracy of second- and third-order

shock-capturing techniques and also to compare the results with
existing sharp-shock methods, a simple cone flow problem was
solved numerically. A 15° half-angle cone was oriented at 5°
angle of attack in Mach 5 flow. Tabulated results of selected
surface flow variables and shock locations are presented in
Table 1 for both the second- and third-order schemes. The grid
sizes for both second- and third-order calculations were equal
and consisted of 29 points in the radial direction between the
body and outer boundary and 19 points between the <f> = 0° and
180° planes. Data obtained from Babenko16 and the method of
characteristics scheme (MOC) of Rakich5 are also listed. A com-
parison of second- and third-order results based solely on the
tabular values of Table 1 would not warrant the use of a third-
order scheme.

Figure 4 shows a qualitative comparison between the second-
and third-order cone results. Figures 4a-d were taken from the
cathode-ray display tube (CRT) and each show radial pressure
distribution plots at various meridional locations ((/> = 0° implies
the windward side). The results obtained using the second-order
scheme are shown in Fig. 4a in which the characteristic post
and precursor oscillations in the vicinity of the shock are evident.
The shock wave for each meridian is spread over two mesh
intervals and there is a well-defined shock layer.

Three sequences of results are presented which were obtained
using the third-order method and various definitions of the free
parameter. Figure 4b illustrates the flowfield obtained when the
free parameters cos and co^ were held constant and equal to 2.4
and 0.3, respectively, throughout the entire disturbed region and
for the complete iteration cycle. It is clearly evident that the
fluctuations near the shock have been considerably reduced by
the third-order scheme; however, the shock waves in each
meridian are spread over a greater number of mesh intervals
than those of the second-order results. The shock layer is now
better defined than that of the second-order method because of
the absence of the spurious fluctuations. To reduce the dissipative
behavior of the third-order results of Fig. 4b, the variable free
parameter concept was implemented. Thus, based on the local
maximum eigenvalues of the gasdynamic equations in the radial
and meridional directions, a local value of the free parameter
for minimum dissipation or minimum dispersion was used to
tune the solution. Figure 4c shows the results obtained when
cos and co(!) were defined for minimum dissipation. It is seen that
when compared to Fig. 4b the weaker shock waves are sharper.
In other calculations of the flowfields about more complicated
configurations in which there was a large range in the magnitudes
of the local eigenvalues, oscillations appeared in regions where
the strongest part of the shock occurred when the free para-
meters were defined for minimum dissipation. In our subsequent
computations, therefore, we used the minimum dispersion
formula to define cos and co^. The results obtained using the
variable free parameters for minimum dispersion are shown in

Fig. 4d. It is seen that there is a noticeable improvement over
the constant free parameter results of Fig. 4b. A detailed plot of
the pressure distribution in the leeward plane of symmetry
(</> = 180°) for each of the results discussed above is shown in
Figs. 4e and f and are compared with that of Babenko.16 The
improvement in the shock-capturing ability of the third-order
scheme over the second-order is apparent.

To test the SCTs ability to accurately predict the inviscid
flowfield surrounding a typical space-shuttlelike orbiter and to
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Fig. 4 Comparison of second- and third-order cone solutions; M = 5,
y. = 5°, o = 15". a) second-order, b) third-order (constant free para-
meters), c) third-order (minimum dissipation), d) third-order (minimum

dispersion), e) (/> = 180°, and f) <j> = 180°.
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Fig. 5 Shock locations for shuttlelike configuration as predicted by
second- and third-order methods; M = 7.4, a = 0°.
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Fig. 7 Radial pressure and density distributions in the leeward plane of
symmetry.

compare the noncentered second- and third-order finite-
difference schemes for such a calculation, the body shown in Fig. 2
was modeled using 12 longitudinal regions. The flowfield was
calculated for Mach 7.4 and 0° angle of attack. These particular
flow conditions are of interest computationally because available
experimental shadowgraphs17 show the shock generated by the
canopy intersects the nose shock and results in a coalesced
shock and slip surface downstream of the intersection. These
conditions might also simulate a postlaunch configuration. For
this calculation the nose of the vehicle was simulated by a
23.07° pointed cone. The grid size consisted of 29 radial mesh
points and 19 meridional mesh points. The calculation, which
consisted of 900 streamwise integration steps and covered over
70% of the body, took approximately 48 min for the third-order
scheme and 38 min for the second-order scheme on an IBM
360/67. The third-order method proved to take 20% more time
for equal grid sizes.

The shock locations in both the planform and side view for
the two calculations are compared in Fig. 5 with the experi-
mental shadowgraphs made by Cleary.17 Both the canopy and
main nose shock are predicted quite accurately by both schemes,
even though the nose was approximated by a pointed cone. The
slip surface or in viscid shear layer, which results when two shocks
of the same family intersect, compares favorably with that of the
experiment. The shock generated off the leading edge of the wing
is in some disagreement with the shadowgraph. This is due to the
fact that the actual wing is crudely approximated by a thicker
wing in the numerical calculation. In this calculation the integra-
tion procedure terminated after calculating over 70% of the flow-
field because of numerical difficulties encountered at the body
in the region near the wing's leading edge. The flow variables
in this vicinity are changing rapidly because of the expanding

wing and thus there exist large gradients of these variables. The
equally spaced distribution of points in the meridional direction
was not sufficient to handle these large gradients and resulted
in an unstable solution. Although termination occurred just
before the bow shock intersected the wing shock, the calculations
in the vicinity of the intersection were behaving normally and
were not to blame for the termination. Recent calculations
indicate that when a clustering of points is established near the
wing leading edge, the method is capable of integrating through
the wing shock-bow shock intersection region.

One of the main advantages of the third-order SCT with
variable free parameters is its ability to capture weak shocks
in the presence of strong shocks with both shocks being well
defined. Figure 6 shows the propagation of the canopy shock
through the shock layer in the leeward plane of symmetry.
Both shock waves in this figure are spread over only two or
three mesh intervals and the associated oscillations are minimal.
The canopy shock, when it first forms, is at least four times as
strong as the bow shock in the same plane. However, the rapid
expansion over the aft portion of the canopy quickly weakens
its intensity.

Radial pressure and density distributions in the leeward plane
behind the canopy shock-bow shock intersection point are shown
in Fig. 7. The slip surface appears as a rapid but small change
in the density while the corresponding pressure variation in that
vicinity remains smooth.

Figure 8 shows a sequence of various longitudinal cross
sections through the shock layer. The canopy shock, which
formed as a result of a rapid increase in the semiminor axis
(bt) of the top ellipse, is seen to propagate through the shock
layer, intersect the bow shock, and then propagate as a coalesced
shock beyond the intersection point. The slip surface stretches

= 0.28

Fig. 6 Propagation of canopy shock through shock layer in the leeward
plane; M = 7.4, a = 0°.

-SCT (3rd ORDER)
CANOPY
SHOCK

SLIP
SURFACE

CANOPY
SHOCK
/ WING
/ LEADING

EDGE
.SHOCK

0.09 0.22 0.28 0.66

Fig. 8 Cross-sectional shock shapes at various longitudinal stations of
shuttlelike configurations; M = 7.4, a = 0 .
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from the shock-shock intersection point to the leeward plane of
symmetry. The wing leading edge shock, because of the 0° angle-
of-attack condition, appears mainly on the leeward or top part of
the body and dissipates quickly as it extends toward the bottom.

A comparison of the surface pressure distribution in the
longitudinal direction for the 0°, 90°, and 180° meridians between
the second- and third-order schemes is shown in Fig. 9. The
deviations between the two methods is slight. The rather sub-
stantial pressure rise near z/L of 0.25 is a result of the canopy.
This strong compression, however, is quickly followed by an
equally strong expansion. The rapid rise in pressure starting at
z/L of 0.5 in the 90° meridian is a result of the wing.

Figure 10 shows the streamline distributions on the lower
surface of the SSV for the region calculated. The crossflow
direction is evident in this figure.

To calculate a blunt-nosed configuration, the inverse blunt-
body code of Lomax and Inouye4 was used as the starting
solution. The SCT code employing the third-order algorithm
was then used to integrate the equations downstream from this
starting plane. The results of such a calculation are shown in
Figs. 11 and 12 for a shuttle orbiter in Mach 7.4 flow at 15.3°
angle of attack. Figure 11 exhibits the shock shapes in the
windward and leeward planes, including the canopy shock, and
compares them with the experimental shadowgraphs. The
shadowgraph experiment was actually performed at 15° angle of
attack, but the surface pressure experiment, which we were more
interested in, was run at 15.3°. The location of the nose shock
agrees quite well with the experiment; however, there is some
disagreement in location of the canopy shock between the
numerical and experiment. The main reason for this is that the
canopy in the shadowgraph model was slightly displaced from
that of the pressure and heat-transfer model from which the
numerical body was copied. If this displacement is accounted
for, then both shocks line up with each other.

The longitudinal surface pressure distribution for the 0°, 90°,
and 180° planes is shown in Fig. 12. A detailed comparison
between these numerical results, the method of characteristics,
and the experiment can be found in Ref. 18. In that paper

results are presented which show that the entropy layer is
adequately described.

Concluding Remarks
The results obtained by applying the SCT code to a com-

plicated three-dimensional shuttle-like configuration indicate
that it is capable of accurately predicting the inviscid flowfield
structure from the nose of the vehicle to a point upstream of
the final swept position of the wing. The fixed grid of equally
spaced points in the meridional direction is not capable of
resolving entirely the flow in the vicinity of the wing leading
edge, and this has hampered the calculations over the remaining
portion of the body. Recent results have indicated, however,
that a concentration of points in that region, by either an in-
dependent variable transformation or simply the addition of
points, will alleviate the difficulty and allow the integration to
proceed further down the body.

The calculations have shown that when the body used in the
experiments is properly modeled numerically, the location of all
shock waves agrees well with the experimental shadowgraphs.
The method was shown to be capable of handling the shock-
shock intersection problem, such as occurs when the canopy
shock intersects the nose shock, with little or no difficulty.

Both second- and third-order noncentered difference al-
gorithms were used to integrate the governing equations. The
coding of these schemes is facilitated by the fact that the
dependent variables are only evaluated on the primary mesh,
i.e., no staggered mesh is required; in addition, the algorithms
themselves are relatively simple in appearance and are readily
programed. The final step in the third-order scheme, Eq. (lie),
appears rather complicated since the free parameter a) was

- SCT (3rd ORDER)

Fig. 10 Surface streamline distribution on bottom of shuttlelike
configuration; M = 7.4, a = 0°.

Fig. 12 Longitudinal surface pressure distribution for shuttlelike
configuration at M = 7.4, a = 15.3°.
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considered to be spatially dependent. This complication is more
apparent than real, and it is believed that local control of
dispersive and dissipative errors is worth the slight increase in
arithmetic if one desires to utilize a third-order method.

In some of the examples cited it was shown that the third-
order scheme is capable of coping with some of the critical
regions of the flowfield which apparently caused termination of
the second-order scheme. The shock waves that existed or formed
using the third-order scheme with variable free parameters were
well defined and the post and precursor oscillations were
minimal.
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